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SUMMARY 


Free-osc illation tests were made in the Langley high-speed 7- hy 
10-foot tunnel to determine the dynamic hinge-moment characteristics 
of a trailing-edge flap-type control surface on a 4-percent-thick unswept 
wing with low aspect ratio. The 25-percent-chord control was essentially 
full span and had an overhang nose balance. Controls with ratios of 
trailing-edge thickness to hinge-line thickness of 0.17 and 1.00 were 
tested at angles of attack of 0° and 6°. Tests were made over a Mach 
number range of 0.60 to 1.02 for control oscillating amplitudes to 10° 
and for a range of reduced frequencies (based on the semichord of the 
control) which varied from about 0.05 to 0.l6 at the low test speeds 
and from 0.08 to 0.13 at the high test speeds. The data were also com- 
pared with static tests of the same configuration. 

Test results show that the aerodynamic damping coefficient becomes 
unstable near a Mach number of 0.90 and remains unstable to the maximum 
speed of this investigation (a Mach number of 1.02). A one -degree -of - 
freedom flutter of the control surface was associated with these unstable 
aerodynamic damping moments and the flutter characteristics are presented. 
Damping coefficients were fairly constant with oscillation amplitude at 
subsonic speeds but became quite nonlinear with amplitude at transonic 
speeds. Variations in angle of attack, control trailing-edge thickness, 
and reduced frequency had little effect oh the damping coefficient. The 
aerodynamic spring -moment coefficients agreed with results from static 
tests. In addition, good agreement was obtained between test results 
and results computed by a modified two-dimensional potential -flow theory. 
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INTRODUCTION 


A number of studies have been made on the static hinge moments on 
flap-type control surfaces at transonic speeds. However, a relatively 
small amount of work has been done in measuring the dynamic hinge moments 
at these speeds. These data are needed in flutter studies and may also 
be of considerable importance in the design of servo systems. 

In the present investigation, a free-osc illation technique was used 
to measure the dynamic hinge moments on a wing-control configuration 
which simulated the 4- percent-thick straight wing that the NACA is cur- 
rently planning to flight test on the X-1E research airplane. A l/8-scale 
model of the outboard 35 percent of the wing semispan was tested. These 
dynamic hinge-moment data were considered necessary in the evaluation of 
the control-surface flutter characteristics because a recent investigation 
(ref. 1) has shown that a flap-type control on an unswept 4-percent-thick 
wing was susceptible to flutter. 

Oscillating hinge moments and associated flutter characteristics are 
presented for a range of control reduced frequency. The effects of 
control-surface-oscillation amplitude, angle of attack, and control- 
surface trailing-edge thickness were investigated over a Mach number 
range of 0.60 to 1.02. In addition, static hinge moments were obtained 
for the control with the thickened trailing edge to supplement the static 
data on the basic control profile reported in reference 2. 


SYMBOLS 


'h 


, , . , ^ Hinge moment, ft-lb 

control hinge-moment coefficient, — — z 

2M q 


M S 

M' 


aerodynamic hinge moment on control per unit deflection, 
positive trailing edge down, ft-lb/radian 

free-stream dynamic pressure, lb/sq ft 

area moment of aileron area rearward of and about hinge line, 

ft3 


c a 


local wing chord, ft 

control chord (distance from hinge line rearward to trailing 
edge of control, see fig. l), ft 
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balance chord (distance from hinge line forward to leading 
edge of control, see fig. l), ft 

total control chord at midspan of control (cb + c a ) , ft 

cuct 

reduced frequency, 

2V 

angular frequency of oscillation, 2rtf, radians /sec 
frequency of oscillation, cycles per second 
control wind-off natural frequency, cycles per second 
free-stream velocity, ft/sec 

2 

moment of inertia of control system, slug-ft 

d (log &l) 

logarithmic decrement, — — , per second 

d(time) 

amplitude of oscillation, degrees to each side of mean 

control-surface deflection, measured in a plane perpendicular 
to control -surface hinge line, positive when control-surface 
trailing edge is below wing chord plane, radians except as 
noted 


effective Mach number over span of model, 



cM a dy 


twice wing area of semispan model, sq ft 

twice span of semispan model, ft 
average chordwise local Mach number 

local Mach number 


spanwise distance from plane of symmetry, ft 
angle of attack, deg 
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T ratio of control-surface thickness at trailing edge to 

thickness at hinge line 


Chg - 


50 

58 


h 


Ch£ = 


5a 


<?) 


Real part of Ms 

Che = , per radian 

u 8,cn 2M'q 


Ch. 

5,o) 


Imaginary part of Mg 


2M'qk 


per radian 


the subscript co indicates 
coefficients that are a 
function of cn 


B "bumped" flutter condition, flutter starts when control 

surface is manually displaced 10° and suddenly released 

S "self starting" flutter condition, flutter starts when control 

surface is released without being manually displaced 


MODEL AND APPARATUS 


The model was designed so that the internal damping and spring 
constant of the control system could be varied. This was necessary in 
order to measure the dynamic hinge moments in addition to the flutter 
characteristics for a range of control reduced frequency. Model details 
are given in figures 1 and 2. Photographs are shown in figure 3 and a 
schematic drawing of the test installation is shown in figure 4. The 
spanwise variation of stiffness distribution of the control system is 
given in figure 5. The model used during this investigation was a 
l/8-scale model of the outboard 35-percent semispan of the 4-percent- 
thick wing of the X-1E research airplane. This part of the wing includes 
the trailing-edge flap-type aileron and was tested as a reflection-plane 
configuration at transonic Mach numbers in the Langley high-speed 7- Dy 
10 -foot tunnel. 


Wing Details 

The model had an aspect ratio of 1.80, a taper ratio of 0.74, and 
an NACA 64A004 airfoil section with a modified trailing edge. The portion 
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of the wing rearward of the 70 -percent chord line was modified so that 
the trailing edge had a constant percentage thickness equal to 0.0036c 
which is identical to that of the airplane. The wing was constructed 
with a steel core and a plastic surface. Round holes were drilled through 
the core perpendicular to the chord plane similar to the method described 
in reference 3 such that the natural first bending and torsion frequencies 
of the model were similar to those calculated for the airplane wing. 

Since the model simulated only the outboard portion of the airplane wing, 
the model mode shapes would not be expected to simulate the airplane mode 
shapes. To give an indication of the effects of varying the natural fre- 
quencies of the model wing, a massive store was added to the wing tip. 
Details of this tip store are shown in figures 1 and 2 and in table I. 

The natural first bending and torsion frequencies of the wing, with and 
without tip store, are given in table II. These frequencies were obtained 
with the control clamped at 6.2 inches along the hinge line. 


Control System Details 

The 0.25c flap-type control extended from the 0.086b/2 model station 
to the 0.9^3b/2 model station. An 0.20c a blunt overhang nose balance 

extended over the outboard 90 percent of the control span and the con- 
trol nose gap was unsealed. Control construction consisted of a steel 
spar and a spruce trailing edge with the entire surface covered with 
silk. A tungsten insert was distributed in the overhang to statically 
balance the control about the hinge line and as near as possible to 
balance each spanwise station. Two control profiles were tested. One 
profile (fig. l) was similar to the control that will be on the airplane 
and had a trailing-edge thickness to hinge-line thickness ratio T of 
0.17. The second control profile had a T of 1.0. 

The inboard tang of the control extended through the reflection 
plane to the outside of the tunnel. The tang extension consisted of a 
damper rod and a torsion spring. The control was mounted by two ball 
bearings outside the tunnel and a plain bearing at the wing tip. The 
system was carefully alined to keep friction to a minimum. Attached 
to the damper rod was a small armature which rotated in the magnetic 
field of a reluctance-type pickup to indicate control position and a 
deflection arm used to apply a step deflection to the control system. 

A movable clamp was used to vary the length of the torsion spring and 
hence the natural frequency of the control system. The values of natural 
frequency given on figure 5 for each clamp position are for the two con- 
trol profiles tested. The lower natural frequency is for the T = 1.0 con- 
trol. The moments of inertia of the control system with the two controls 
are given in table III. At a test Mach number of 1.00, the total control- 
system inertia of the T = 0.17 control closely simulates the inertia of 
the airplane control surface at approximately 45,000 feet pressure 
altitude. 
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Damper Details 

The internal damping of the control system was varied by means of 
a viscous-type damper. The damper was a 2.5-inch long split bearing 
which enclosed the damper rod between the two mounting ball bearings 
(figs. 3 and A) and had 0.0035-inch clearance between the damper and 
damper rod. This space was filled with silicone damping fluid and the 
damping forces resulted from the shearing of this fluid as the control 
system oscillated. It was not necessary to seal the ends of the damper 
since fairly high viscosity fluids were used and fluid leakage was neg- 
ligible. To vary the damping, fluids having different viscosities were 
used and care was taken to keep the temperature of the fluid during the 
course of testing the same as when it was calibrated. Calibration of 
the damper indicated that the damping coefficient was a function of 
oscillating frequency and wind -off damping tares were applied at the 
proper frequency when obtaining aerodynamic equivalent viscous damping 
coefficients. 


Ins trument at ion 

Strain gages were located near the root of the wing to indicate 
the wing bending and torsion response. Control position was measured 
by a reluctance-type pickup located at the outboard end of the damper 
rod. These three quantities along with tunnel dynamic pressure were 
recorded against time by a recording oscillograph. Dynamic calibration 
of the recording system indicated accurate response to a frequency of 
about 500 cycles per second. 


TESTS 


The tests were made in the Langley high-speed 7- by 10-foot tunnel 
utilizing the side wall reflection-plane test technique. This technique 
involves mounting a relatively small model on a reflection plate spaced 
out from the tunnel wall to bypass the tunnel boundary layer. Local 
velocities over the surface of the test reflection plate allowed testing 
to a Mach number of 1.02 without choking the tunnel. 

Typical contours of local Mach number in the vicinity of the model 
location, obtained with no model in place, are shown in figure 6. 

Average test Mach numbers were obtained from similar contour charts 
using the relationship 


2 P b / 2 

M = — - / cM dy 

S 1 Jo a 
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The variation of Reynolds number based on the wing mean aerodynamic 
chord with test Mach number is presented in figure 7* The width of the 
band on figure 7 represents, for these tests at a given Mach number, the 
maximum variation of Reynolds number with atmospheric conditions. 

Oscillating hinge moments were obtained for the two control profiles 
through a Mach number range of 0.60 to 1.02, angles of attack of 0° and 
6°, and oscillating amplitudes up to 10°. The reduced frequency k range 
tested varied from about 0.05 to 0.l6 at the low test Mach numbers and 
from about 0.08 to 0.13 at the high test Mach numbers. In addition, static 
hinge moments were obtained for the control with the thick trailing edge 
(T = 1.0). Static hinge moments for the T = 0.17 control are published 
in reference 2. 


TEST TECHNIQUE AND REDUCTION OF DATA 


Oscillating hinge moments were obtained from the free oscillation 
of the control system after the control had been displaced approximately 
10° and suddenly released. The control system was displaced by a hand- 
operated deflection mechanism and the oscillation frequency at a given 
Mach number was varied by changing the length of a torsion spring by 
means of a movable clamp. A schematic drawing of the test installation 
is shown in figure 4. The tests were made in the following manner. Wind- 
off motion records were made before and after the wind-on tests of each 
model configuration. Wind-on tests were made with the damper removed from 
the system until a flutter condition was encountered. The flutter charac- 
teristics were then determined and damping added to the control system to 
make it stable. The aerodynamic damping in the unstable or flutter range 
was then determined from the oscillation response of the system with the 
damper installed. For each record, the inphase and damping moments were 
determined from the frequency of oscillation and the variation of ampli- 
tude with time. It was assumed that the damping forces considered in this 
investigation were adequately described by an equivalent viscous damping. 

To obtain spring- and damping -moment coefficients from tests of this 
type, it is necessary that the control-system response be essentially that 
of a single -degree -of -freedom system. Although the stiffness (fig. 5) 
and inertia distribution (table III) of the control system indicate the 
possibility of response as a higher order system, oscillograph records 
(fig. 8) indicated that the control system responded predominantly in 
one mode. For the range of control-system characteristics tested, the 
frequency of the aileron wind-up mode (i.e., torsional frequency of the 
aileron outboard of the position pickup) was equal to or greater than 
four times the frequency of the actual system response mode indicating 
that for response at the lower mode frequency, the amplitude contribution 
of the wind-up mode would be negligible. In addition, an analysis of the 
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control-system response characteristics by means of an analog computer 
substantiated this result and showed that the amplitude of the control 
surface could be accurately indicated by a position pickup located on 
the damper rod. Thus it was concluded that for the oscillation conditions 
tested, the control system could be adequately treated as a single -degree - 
of -freedom system. 


The hinge moment existing on an oscillating control is not neces- 
sarily in phase with the control surface position and may be represented 
in complex notation by the relation 


% 

2M'q 


Ch 6,oo + 


ikC *6, 


03 


( 1 ) 


The part Ca. is the component in phase with control position and is 

commonly called the in-phase or spring moment. The part kChg^ is the 

component that is 90 ° out of phase with control position, that is, in 
phase with control velocity, and is commonly called the damping moment. 
Negative values of ^ oppose the control displacement and hence act 

as an aerodynamic spring, and result in an increase in the stiffness or 
an increase in the natural frequency of a control system. Likewise, 
negative values of ^ oppose the velocity and hence indicate stable 

damping; that is, a free oscillation of a control surface with negative 
values of Ch<? would damp out. Positive values of Chg m then would 

ii O y CD 7 

indicate an unstable aerodynamic damping moment, and an oscillation would 
increase in amplitude unless structural damping or a control system 
damper provided damping moments greater than the unstable aerodynamic 
moments. It should be mentioned that frequency effects higher than first 
order could not be separated by the test method used in this investiga- 
tion; therefore, the coefficients and kC^ include the higher 

order derivatives that are either in phase or 90° ou -t of phase with the 
control position. The subscript is used to indicate hinge-moment 
coefficients that are functions of control oscillating frequency. 
Expressions relating the stability coefficients used in equation (1) to 
commonly used flutter coefficients are given in table IV. 


Evaluation of Spring Moments 

The aerodynamic inphase or spring moment was determined from the 
natural frequency of oscillation of the control system. . The effects of 
damping on the natural frequency were considered negligible and, when 
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possible, frequency measurements were taken from limited amplitude flutter 
conditions wherein the net damping over a complete cycle was zero. Since 
the variation of inphase moment is not necessarily linear with amplitude, 

the values of C-u presented are effective values for the amplitude 

n 6,0) 

range of the oscillation. The aerodynamic spring-moment coefficient was 
determined from the relationship 

_ ( 2 ) 
2M'q 

where the subscript o signifies a wind-off condition. 


Evaluation of Damping Moments 

The variation of damping moment with oscillating amplitude was 
obtained by plotting the logarithm of the amplitude of successive cycles 
of the oscillation against time and taking, at a particular amplitude, 
the slope of the faired curve through the points as the value of the 

logarithmic decrement A = — - — — — of the oscillation at that ampli- 

d(time) 

tude. The aerodynamic damping-moment coefficient was determined from 
the relationship 



( 3 ) 


where the A subscript o refers to wind-off values taken at the same 
frequency as the wind-on values. 


Determination of Static Hinge Moments 

Static hinge moments were measured for the T = 1.0 aileron by 
applying a torque to the aileron system at the damper rod (fig. 5) and 
recording the output of the position pickup. The static hinge-moment 
coefficient was determined from the relationship 


r Torque, ft-lb 
" 2M'q 


00 
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CORRECTIONS 


No corrections have been applied to the data for the chordwise and 
spanwi.se velocity gradients or for the effects of the tunnel vails. It 
is shown in reference 4 that a tunnel resonance phenomenon can appreci- 
ably decrease the magnitude of forces and moments measured in oscillation 
tests. However, it is believed that this phenomenon had no appreciable 
effect on the results of the present investigation. In general, most 
of the test frequencies were well removed from the calculated resonant 
frequencies and there was no apparent decrease in moments for the test 
frequencies that were close to resonant frequencies. It is possible 
that the magnitude of the resonant effects would be relieved by the model 
tip effects and the nonuniformity of the velocity field in the test 
section. 

Static control-deflection corrections have been applied to the out- 
put of the position pickup to give the deflection at the midspan of the 
control surface. No dynamic corrections were applied to account for the 
"wind-up" of the control surface since, as indicated in the previous 
section, this effect was shown to be smalj. for the range of these tests. 


RESULTS AND DISCUSSION 
Presentation of Data 


Varying the wing response motion by adding the tip store affected 

... and the flutter 


the control aerodynamic damping coefficient 
characteristics as shown in figure 9- 


6 , 0 ) 

The variation of 


" h 5,0) 


with 


oscillating amplitude and the associated flutter characteristics are 
presented in figures 10 through 13 for the complete range of the inves- 


tigation. Aerodynamic spring-moment coefficients Cft, 


5 , 0 ) 


are presented 


in figure lh for all test conditions. Static hinge-moment coefficients 
for the T = 1.00 control are given on figure 15. A comparison of 
Cv, and Cv_ obtained from static and dynamic tests is shown on 

n 5 ^jO) 

figure 16. Static data for the T = 0.17 control were obtained from 


reference 1. The effect on Cft, 


6,o) 


and 


c % 


of a and T is shown 


0) 


on figures 17 and l8, respectively. A comparison of the aerodynamic 
spring- and damping -moment coefficients with theory is shown on fig- 
ures 19, 20, and 21. Local Mach numbers over the wing surface for var- 
ious free-stream Mach numbers are shown on figure 22. 
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General Comments on Data 

Damping measurements were not made at very low oscillating ampli- 
tudes due to test accuracy. Values given for oscillating and flutter 
amplitude are to each side of mean. The control floating angle was 
near zero deflection for most test conditions so that the oscillating 
and flutter amplitudes correspond closely to the control amplitude 
measured relative to the wing-chord plane. For model safety during the 
determination of flutter characteristics, once a flutter condition was 
obtained, the control was allowed to flutter only at the Mach numbers 
presented in the tables on figures 9 through 13 • However, if the flutter 
was a "bumped" condition, (see symbols for definition) a check was made 
at each 0.01 increment in Mach number for a "self -starting" condition. 

For example, on figure 10(c) a bumped flutter condition is considered 
to exist for all Mach numbers from M = 0.91 to M = 0.94 and. a self- 
starting flutter condition from M = 0. 94 through M = 1.02. Flutter 
in all cases was a limited amplitude oscillatory condition and was 
stopped by hand. On figures 9 through 13, a change in line notation 
from a solid to a broken line indicates a change from stable to unstable 
damping. Also, for a given f Q , the oscillation reduced -frequency k 
changes with a change in aerodynamic spring moment and values of k are 
given for each Mach number. 


Effects of Wing Motion 

Figure 8(a) is an oscillograph record of the model response for 
the T = 0.17 control at M = 0.94, a = 0, and f Q = 170. This record 
is typical of the decayed oscillation response of the control system and 
was taken with the damper installed since the aerodynamic damping for 
this test condition was unstable. The output of the control position 
pickup was fairly linear and the control position trace indicates the 
rate of decay from about 10° control deflection. The wing bending and 
torsion traces are a measure of the wing root bending and torsion 
stresses. The wing motions indicated by these stresses were small 
relative to the initial control amplitude. As shown in figure 8(a), 
the control motions were analyzed in the presence of wing motions. 
Ideally, it would be desirable to eliminate any wing response when 
measuring the control oscillating hinge moments; however, this was not 
practical for these tests. Therefore, to give some indication of the 
effects of wing motion, the frequency response characteristics of the 
wing were altered by adding a massive store to the wing tip and testing 
a control-frequency range such that the wing response to the control 
forcing function was greatly reduced. An indication of the effects of 
reducing the wing motion by means of the tip store is shown on fig- 
ures 8(b), 8(c), 9 , and 14(a). 
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The effect of the tip store on the flutter characteristics is shown 
by the oscillograph records on figure 8 and the tables on figure 9» 

Figures 8(b) and 8(c) are records of the bumped flutter condition listed 
in the tables on figure 9 at M = 0.90. The records show that the free 
oscillation of the first bending and torsion modes of the wing were 
stable during flutter and that for the steady-state condition the wing 
is responding to the control forcing function. (Wing natural frequencies 
are given in table II.) The wing traces for record 8(c) are approximately 
four times as sensitive as for 8(b) and it can be seen that the wing 
motion was greatly reduced by the addition of the tip store without an 
appreciable effect on the control flutter. Flutter occurred in the same 
Mach number range at approximately the same frequency and amplitude. 

The change from a bumped to a self -starting flutter condition was not 
considered a significant effect in view of the similar response once the 
flutter was initiated. In addition, a logical inspection of the aero- 
dynamic spring moments (both static and dynamic ) and the effect on 

of varying f c indicate that the flutter always occurred at the natural 
frequency of the control system. The flutter was also extremely sensitive 
to damping. Therefore it was concluded that the flutter was a self- 
excited oscillation involving only the degree of freedom of control 
rotation about the hinge line. 


The effect of the tip store on 


and Ch 


is shown in 


^6,0) “““ ~ xl 6,o) 

figures 9 and l4, respectively. The wing response motion was much less 
in all cases with the tip store, and wing motion had little effect on 


the control aerodynamic spring moment coefficient C- 


% 


U) 


Adding the tip 


store had some relatively large effects on the magnitude of Cfti for 

O y CD 

certain conditions although the general variation of damping coefficient 
with amplitude and the Mach number at which the damping became unstable 
were not changed. In addition, some of the differences shown on fig- 
ure 9 could possibly be due to the aerodynamic effects of flow over the 
tip store rather than any wing motion effect. There is the possibility, 
however, that the control damping-moment coefficients presented include 
some wing motion effects, but the wing motion effects are considered 
secondary to the overall results. 


Damping Moments and Flutter Characteristics 
The variation of aerodynamic damping-moment coefficient Cft* with 

O y CD 

oscillating amplitude and associated flutter characteristics for the 
T = 0.17 control at a = 0° is presented in figure 10. Data are 
presented for the Mach number and wind-off natural frequency f Q range 
tested. Since a free-oscillation technique was used, the oscillation 
reduced frequency k for a given f Q is a function of the aerodynamic 
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spring moment and free-stream velocity and increasing the Mach number 
decreased the k range covered in this investigation. For all values 
of f Q tested, C-^ ^ is stable and fairly constant with oscillating 

amplitude at the lower test Mach numbers and no flutter was encountered. 
As the Mach number increased into the transonic range, C> 




0) 


became 


very nonlinear with oscillating amplitude and an unstable aerodynamic 
damping condition existed for most amplitudes from a Mach number of 
about 0.90 to the maximum speed of the investigation (M = 1.02), fig- 
ure 10. Control-surface flutter was associated with the unstable damping 
and the flutter characteristics for various Mach numbers are given in 
the tables. When comparing the flutter characteristics with the damping 
values, it should be remembered that a certain level of structural damping 
was present during flutter. (The control system wind -off structural 
damping ranged from 1 to 3 percent of critical damping. ) In the flutter 

Mach number range, Cn. generally reached a maximum unstable level 

0 , 0 ) 

at some intermediate amplitude and became less unstable at the higher 
test amplitudes. Flutter would therefore build up in amplitude until 
a steady-state condition was reached, wherein, the aerodynamic energy 
fed into the oscillation over a complete cycle was equal to the energy 
dissipated by structural damping. Decreasing f 0 from 202 to 0 

(figs. 10 (a) through 10 (e)) had a relatively small effect on the general 

variation or magnitude of Cv,* with oscillating amplitude or Mach num- 

0 , 0 ) 

berj however, the flutter condition changed from bumped to self starting 
at the higher test Mach numbers. This result is difficult to evaluate 
since damping data were not obtained at very low amplitudes; however, 
the general level of damping above about 1 ° amplitude was not affected 
and therefore the change in flutter condition was not considered signif- 
icant. The shift in Ch* from stable to unstable values as the Mach 

0 , 0 ) 

number increases is also shown by plotting maximum unstable values of 


C H, 


0) 


over the amplitude range tested in figures 17 and 18. The vari- 


ation of damping coefficient with reduced frequency is shown in fig- 
ures 19 and 20. The spread in kCh§ ^ shown in figures 19 and 20 

between two symbols at the same reduced frequency, indicates the vari- 
ation in magnitude over the oscillation amplitudes tested. Constant 
values of Ch. would fall along a radial line from the origin and it 


, 0 ) 


is shown that the general level of Cft, 


6,o) 


is fairly constant for the 


reduced -frequency range of this investigation at both subsonic and sonic 
speeds. Increasing the angle of attack to 6 ° had little effect on the 


general variation of 
(figs. 11 and 17 ). 


Ch: 


S,o) 


with oscillating amplitude or Mach number 
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Increasing the control surface trailing-edge thickness is known to 
have a large effect on static hinge moments, reference 5. In addition, 
references 6 and 7 have considered the wing boundary layer to have an 
important part in a feedback phenomenon leading to transonic control- 
surface flutter. Therefore, the control trailing-edge thickness was 
made equal to the hinge-line thickness and the effects on the dynamic 
hinge moments determined. The damping results at a = 0° and 6° are 
given in figures 12 and 13. The inertia of the control system was 
increased when the control trailing edge was thickened and hence the 
control wind -off natural frequencies changed. Increasing the trailing- 
edge thickness did not change the general variation of Cft. with 

either amplitude (figs. 10 and 12) or Mach number (fig. 18). As shown 

in figure 18, there was a very small stable shift in C-^ due to 

o,co 

thickening the trailing edge; however, the aerodynamic damping was still 
unstable above a Mach number of about 0.90 and the control flutter char- 
acteristics were about the same as for the T = 0.17 control. Increasing 
the angle of attack to 6° also had little effect on the damping or flutter 
characteristics of the T = 1.0 control. 

The variation of Cy,. with Mach number obtained in this inves- 

8,ao 

tigation is in qualitative agreement with data obtained on trailing-edge 
flap-type controls on swept and delta wings. A portion of the data 
from these and the present investigation is presented in reference 8. 


Spring Moments 


The aerodynamic inphase or spring-moment coefficients Ch^ 

obtained in this investigation are given in figure 14. Since the 
variation of with 5 is not necessarily linear, effective values 

of Ch<> are given for the oscillation amplitude tested. The reduced 
5,cjd 

frequency for each data point on figure l4 is given on the corresponding 
damping curves in figures 10 through 13. To provide a comparison, the 
static variation of Cft with 5 was determined for the T = 1.0 control 
and results are presented in figure 15. Static data for the T = 0.17 con- 
trol had previously been reported in reference 1. A comparison of Cy^ 


and Cp 


5,od 


as determined from static and dynamic tests is shown in fig- 


ure l6. As near as possible, these results were averaged over the same 
amplitude range. For both static and dynamic tests, the spring -moment 
coefficient was negative throughout the Mach number range and there was 
a negative increase in the transonic speed range. As indicated in fig- 
ures l4, l6, 20, and 21, the effects of reduced frequency on the aero- 
dynamic spring-moment coefficient Cy. were small for the range of 
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these tests. Static values of are shown at k = 0 in figures 19 

and 20. The effect of increasing the trailing -edge thickness is in 

agreement with static tests in that increasing T shifted Cv, in 

5, co 

a negative direction for all test Mach numbers, figure l8. The good 
agreement between static and dynamic tests indicates that static hinge- 
moment data can be satisfactorily used to compute flutter frequencies 
for the type of transonic control-surface flutter encountered in this 
investigation. Also shown in figure 18 is a small stabilizing shift 
in aerodynamic damping due to increasing T. This indicates that in 
the flutter Mach number range there was a stabilizing shift in the phase 
angle of the r e s ult an t -mome nt vector as the trailing edge is thickened. 
However, this effect on the damping and therefore the flutter is small. 

Changing the angle of attack from 0° to 6° had little effect on the 

aerodynamic spring -moment coefficient Cy, for the range of this 

S,cu 

investigation, figures 14 and 17. 


Theory 

To date, theoretical studies of the moments on oscillating control 
surfaces have been based on two-dimensional potential flow and for the 
investigations in which control coefficients have been tabulated, the 
control has been hinged at the leading edge. The effects of finite span, 
airfoil thickness, and shocks have generally been neglected and the 
assumption of small perturbations is usually made. However, these theo- 
retical studies could be expected to give a reasonably close simulation 
to the actual flow field for the thin wing of this investigation at 
a = 0°. The theory would not account for the effects leading to the 
nonlinearities with control amplitude shown for the test results; however, 
a comparison with theory is of interest. 

All theoretical results were computed so as to compensate for the 
aerodynamic balance on the test control. Values at subsonic speeds were 
computed from reference 11 for a 30-percent-chord control hinged at the 
leading edge and then modified by an experimental correction to effec- 
tively shift the hinge line rearward the proper amount. The experimental 
correction was based on the assumption that the phase angle of the 
resultant control -moment vector was not changed by overhang balance and 
that the length of the vector was decreased, due to balance, in the same 
proportion as static tests have shown. The correction was obtained from 
control balance results at the proper Mach number in reference 9 which 
agreed with two-dimensional results on a 9 - P erceir t-thick wing at low 
speeds in reference 10. The correction decreased the length of the 
resultant vector and hence the damping and spring-moment components 
about 35 percent at M = 0.60 and about 32 percent at M = 0.80. 
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Theoretical values at sonic and supersonic speeds were computed 
from wing coefficient expressions given in references 12 and 13 assuming 
that at these speeds the control oscillating forces are not influenced 
by the wing surface in the upstream direction. Under this assumption, 
the control oscillating forces would be the same as the forces on an 
isolated wing, provided a wing axis of rotation position is chosen so 
as to simulate the control hinge location. Expressions relating the 

stability coefficients (C y. and C h * \ used in this paper with the 

\ 6,co 6 ,oo/ 

coefficients used in the reference papers are given in table XV. 


The comparison between test results and theory is given in fig- 
ures 19, 20, and 21. The quantity kCh* was presented in figures 19 

6,oo 

and 20 since it is proportional to the moment component that contributes 
to the damping (see eq. (l)) and thus brings the relative magnitude of 

the spring- (C h \ and damping -moment components into the proper 
\ 6,00/ 

perspective. The phase angle 0 of the resultant-moment vector can 


The spread in kCh* between two symbols at the same reduced frequency, 
6,oo 


™ h . 

be obtained from figures 19 and 20 by the relation, tan 0 = 


Ch, 


6,oo 


indicates the variation in magnitude over the oscillation amplitudes 
tested. As shown in figure 19, excellent agreement is obtained at 
subsonic speeds between the modified theory and kCy,* and it can be 


* 6 , 


oo 


seen that Ch, 


6,oo 


is fairly constant for the reduced frequencies of 


these tests . ( Constant values of Ch* would fall along a radial 

V 8,oo 

line from the origin.^ Theory also confirms the test results showing 

that, for the test reduced frequencies, the effect of frequency on the 
aerodynamic spring moments Ch R is very small; however, the modified 

two-dimensional theory predicts spring moments that are too large. 

Static values of Ch~ given at k = 0 were obtained from reference 1. 

5 


It was pointed out in reference 11 that as the frequency approaches 
zero, the validity of the sonic theory is subject to question. This 
note of caution appears to be justified as the results shown in fig- 
ure 20 indicate, that for reduced frequencies less than about 0.12, the 
sonic theory of reference 11 is inadequate in predicting magnitudes or 
trends of either damping or spring moments. It is of importance, however, 
that this idealized theory predicts unstable damping moments in a range 
in which experiment also shows unstable damping. In addition, theory 
predicts magnitudes of Ch and kChi reasonably well at the higher 

6,03 0,03 
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test reduced frequencies. This condition exists in spite of the extreme 
nonlinearities encountered. Experimental results at sonic speeds vary 
with reduced frequency in much the same manner as at subsonic speeds 
except that the damping is unstable. For the reduced frequency range 
investigated, the effect of frequency on the spring-moment coefficient 
is negligible and, although the damping varies considerably with ampli- 
tude, experimental trends indicate that the general level is 

also fairly constant. Sonic theory indicates that at reduced frequencies 
above about 0.17 "the aerodynamic damping of the test control would be 
stable. Unfortunately, the control system stiffness distribution was 
such that test reduced frequencies high enough to substantiate this 
result could not be obtained. However, it was found during the course 
of testing that if the control system stiffness was made somewhat higher 
than that which gave f Q = 202, the self -starting flutter condition 

was eliminated at both 0° and 6° angle of attack. However, since it 
was necessary to clamp the control system at the deflector mechanism 
for this condition, the control could not be displaced and damping 
moments on a control oscillating at these high reduced frequencies 
(k O.13) were not obtained. 

Previous investigations on transonic control-surface flutter 
(refs. 6 and 7) have indicated the possibility that flutter is caused 
by separation effects with emphasis placed on shock and boundary-layer 
interaction. In particular, reference 6 has shown one case of flutter 
to be associated with a fore-and-aft movement of a shock located on the 
wing ahead of the control. For the present investigation, the chordwise 
variation of local Mach number over the wing surface is given in fig- 
ure 22 at a = 0 for the T = 0.17 control. These results were obtained 
by static pressure orifices located in the wing surface at the control 
midspan and indicate that there were no strong shocks ahead of the control 
surface for the flutter Mach number range of this investigation. There 
is the possibility of a shock wave located on the control surface which 
could conceivably have a significant effect on the flutter. This possi- 
bility was pointed out for a similar wing-control configuration in refer- 
ence 1. However, comparison of experimental results of this investi- 
gation with potential flow theory shows very good agreement in the trends 
of aerodynamic damping with Mach number (fig. 21) and an instability is 
indicated in the transonic speed range which is substantiated by experi- 
ment. Similiar results for swept and delta wings were shown in refer- 
ence 8. Therefore there appears to be a strong indication that single- 
degree-of -freedom, transonic control-surface flutter is dependent on 
potential -flow effects. 
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CONCLUSIONS 


The results of the investigation at Mach numbers from 0.60 to 1.02 
of the oscillating hinge-moment characteristics of a trailing-edge flap- 
type control surface mounted on a 4 -percent -thick wing with low aspect 
ratio indicate the following conclusions: 

1. The aerodynamic damping coefficient of the control surface Cv, 

0 , 0 ) 

varied from a level of stable damping at Mach numbers from 0.60 to 0.80 
to a level of unstable damping for Mach numbers from 0.92 to 1.02 which 
was the maximum for these tests. 


2. A self-starting flutter condition involving only rotation of 

the control surface about the hinge line was associated with the unstable 
damping and was eliminated in all cases by making the total damping 
(structural plus aerodynamic) in the control system stable. 

3. For oscillating amplitudes to 10°, the damping coefficient was 
essentially constant with amplitude at subsonic speeds and became quite 
nonlinear with amplitude at transonic speeds. 

4. Changing the angle of attack from 0° to 6° or increasing the 
control trailing edge to hinge-line thickness ratio from 0.17 "to 1.00 
had little effect on the aerodynamic damping coefficient. 

5. The aerodynamic inphase or spring-moment coefficient C>, 

0 , 0 ) 

varied with Mach number, angle of attack, and trailing -edge -thickness 
ratio in much the same manner as static tests have shown. 

6. For the reduced -frequency range of these tests, frequency had 

little effect on either the damping or spring -moment coefficients, C-u* 

6,o) 

and Ci. 

n 8,o) 

7. Good agreement was obtained between the test results and results 
computed by two-dimensional potential-flow theory. This indicates the 
possibility that the single-degree-of -freedom, transonic control-surface 
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flutter encountered, in this investigation is dependent on potential- 
flow effects. 


Langley Aeronautical Laboratory , 

National Advisory Committee for Aeronautics, 
Langley Field, Va., November 10, 1955* 
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TABLE I 

TIP-STORE ORDINATES 


(Percent of store length) 



X 

r 

0 

0 

1.95 

.95 

4.72 

2.03 

7.51 

2.88 

IO.29 

3.52 

15.85 

4.43 

21.40 

5.04 

26.95 

5.49 

29.73 

5.67 

32.53 

5.80 

35.33 

5.84 

Straight line 

49.73 

5.84 

52.53 

5.81 

55.33 

5.76 

60.93 

5.51 

66.40 

5.13 

72.00 

4.63 

77.60 

4.03 

83.20 

3.35 

88.66 

2.63 

93.73 

1.95 

96.OO 

1.63 

98.13 

1.28 

100.00 

0 

Trailing-edge 

.56 

radius 
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TABLE II 

NATURAL FIRST BENDING AND TORSION FREQUENCIES OF WING 


Test condition 

Bending, cps 

Torsion, cps 

Without tip store 

119 

296 

With tip store 

56 

152 


Note: The control surface was clamped when 

obtaining these frequencies. 


TABLE III 

MOMENT OF INERTIA OF CONTROL SYSTEM 


Component of System 

(slug -ft 2 ) 

Portion of system excluding control surface 

3.84 x 10" 6 

T = 0.17 control surface 

2.50 x 10' 6 

T = 1.00 control surface 

4.58 X 10 " 6 
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TABLE IV 

EXPRESSIONS RELATING THE STABILITY COEFFICIENTS OF 
THE PRESENT INVESTIGATION TO THE 
FLUTTER COEFFICIENTS USED IN 
REFERENCES 11, 12, AND 13 



where L is the control span in feet 


5.982 



TABULATED WING DATA 


0.558 sq ft 

1.80 

074 

0.564 ft 


Area 

Aspect ratio 
Taper ratio 

Mean aerodynamic chord 
Airfoil section parallel 
to free stream NACA 64A004 

(modified) 


/ 


Plastic 

Steel spar 


Scale, inches 
Gap =0.0 1 6 



C b = 20Cg^\ y-Cg^C-^ T ^ 0/7 


Section A- A 

(For two control profiles tested) 


Figure 1.- General dimensions of the test model. 
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Figure 2.- Details of tip store. 



Figure 3*- Photographs of the model. 


NACA RM L55K17 


ro 

00 



l-86734.1 

(b ) Closeup of model showing strain-gage installation. 


Figure 3»- Continued. 
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(c) 


L-87763 

Back side of reflection plate showing test components. 


Figure Concluded. 
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Damper 


Reflection plane 


Tunnel wall 


Figure k.- Schematic drawing of test installation. 
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Clamp 


Deflector 

mechanism 


Reflection plane 
Support 
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Spring 


■ Clamp positions 


Damper rod s 



Wind - off natural frequencies 

T=OJ7 

no 

138 

170 

202 

T=iOO 

96 

124 

144 

167 


Position pickup 



Control 



Figure 5»- Frequency and spanwise variation of control- system stiffness 

for various clamp positions. 
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Spanwise distance from Spanwise distance from 

reflection plate , inches reflection plate, inches 



8 6 4 2 £ 2 4 6 8 



Longitudinal distance along reflection plate, inches 



8642(1246 8 



Longitudinal distance along reflection plate , inches 


Figure 6.- Typical variation of Mach number contours over the side wall 
reflection plate with no model in place. 
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Mach number ,M 

Figure 7*- Variation of test Reynolds number with Mach number. 
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(a) M=0.94 , without tip-store. Damper on. 




Figure 8.- Typical oscillograph records. (The wing traces for record 8(c) 
are approximately 4 times as sensitive as 8(a) and 8(b).) 
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Flutter C haracteristics 


(without tip -store) 


M 

Flutter 

condition 

Frequency 

cps 

Amplitude 

deg 

0.60 

No flutter 



070 





0.80 





0.85 





088 





0.90 

B 

240 

8.2 

102 

B 

259 

12.0 


Flutter Characteristics 
( with tip - store) 


M 

Flutter 

condition 

Frequency 

cps 

Amplitude 

deg 

0.60 

No flutter 



070 





0.80 





0.85 





088 





0.90 

B 

234.5 

8.9 

0.92 

S 

237 

96 

0.94 

S 

240 

10.1 

0.96 

S 

245 

10.8 

0.98 

i 


250 

12.1 

/.00 

i 


252 

12.3 


Os c mating amp / itude, deg 


Osc mating amplitude , deg 


Figure 9 *- Effect of tip store on flutter characteristics and variation 

of Chg with oscillating amplitude for various Mach numbers. (Symbols 

indicate data with tip store.) f Q = 170; a = 0°; T = 0.17. 
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8 

2575 

8.2 

0.9/ 

6 
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8.7 

0.96 

B 

266.5 

/ 1.47 

1.02 

B 

269.0 

10.82 


(a) f Q = 202. 


Figure 10.- Flutter characteristics and variation of 
amplitude for various Mach numbers, a = 0°; 


Cfy: ^ with oscillating 
T = 0.17. 
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(b) f Q = 170. 


Figure 10.- Continued 
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(c) f Q = 138. 


Figure 10.- Continued 
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(d) f Q = 110. 


Figure 10.- Continued 
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(e) f G = 0. 


Figure 10.- Concluded 
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(a) f Q = 202. 


Figure 11.- Flutter characteristics and variation of C-u. 

o hb,ca 

amplitude for various Mach numbers, a = 6°; T = 


with oscillating 
0.17. 
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Figure 11.- Continued 


NACA RM L55KL7 



M 

Oq.92 


Oq.94 


' 0.96 





! 

11 

in 


j| 










































|Ij 



m 

If 



Hi 











\ 










Hr- 





















I 

W: 





jj l 

h 

>0 

92 


s .113 







iijj 

V 


••If 















1 
















a 


0.98 


o t 


too 


'' 1.02 


H 


iViifl: 


M=0.94,k* jf i 


m 

M s 0.96 > k- . 122 




M =0.98 > k - . 122 




M = LOO k = j/4 


ft 












I 







1 




till 





1 








M - 1.02 ; ** .//<? 



O 2 4 6 8 10 

Oscillating amplitude , deg 


(c) f Q = 138. 


Stable 

Unstable 


No flutter data obtained 
due to model failure. 


Figure 11 .- Continued 


•f* 

VM 


NACA RM L55K17 




(d) f Q = 110. 
Figure 11.- Continued. 
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Figure 12.- Flutter characteristics and variation of 
amplitude for various Mach numbers, a = 0°; 


with oscillating 
T = 1.00. 
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Figure 12.- Concluded. 
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Figure 13.- Flutter characteristics and variation of Chg with oscillating 

o * 

amplitude for various Mach numbers, a = 6 ; T = 1.00. 
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Figure 13.- Continued. 
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(a) T = 0.17. 


Figure it Variation of 
natural frequencies. 


C]^ ^ with Mach number for various wind-off 
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(a) a = 0°. 

Figure 15.- Variation of static hinge-moment coefficient with control 
deflection for various Mach numbers. T = 1.0. 
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Figure l6.- Comparison of C h as determined from static and dynamic 
tests at transonic Mach numbers, a = 0°. 
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Figure 17 • - Effect of angle of attack on the variation of and. 

U 5,u) 

C h . with Mach number. T = 0.17; k » 0.12. (Maximum values of 

a S,o> v 

C h - presented.^) 
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Figure 18.- Effect of trailing-edge thickness on Ch_ and Ch; 

0,03 0,03 

with Mach number, a = 0°j k « 0.10. ("Maximum values of C h . 

V 6,03 

presented. ) 
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Figure 19 . - Comparison of experimental oscillating hinge-moment coeffi- 
cients with the subsonic theory of reference 10. (Theory has been 
modified by an experimental correction to account for aerodynamic 
balance.) a = 0°; T = 0.17- 
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Figure 20.- Comparison of experimental oscillating hinge-moment coeffi- 
cients with the sonic theory of reference 12. 
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Figure 21.- Comparison of experimental oscillation hinge-moment coeffi- 
cients with theory through the Mach number range, k = 0.12; T = 0.17; 
a = 0°. 
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Figure 22.- Chordwise variation of local Mach number for various free- 
stream Mach numbers, a = 0°; T = 0.17* 
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